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A new continuous-� ow, direct-connect, high-enthalpy,supersonic combustion research facility is described. This
test facility provides combustor inlet � ow conditions corresponding to � ight Mach numbers between 3.5 and 7, at
dynamic pressures up to 95.8 kPa. Most of the major components of the new facility are water cooled (including
the vitiated heater, the instrumentation and transition sections, and the facility nozzle and isolators); the current
exception is the variable-geometry heat-sink combustor. A variety of conventional and advanced instrumentation,
including a steam calorimeter and a thrust stand, exists for accurate documentation of combustor inlet and exit
conditions and performance parameters. In a recent calibration effort, pitot pressure surveys, total temperature
surveys, and wall static pressure distributions were obtained for a wide range of inlet conditions using Mach 1.8
and 2.2 facility nozzles. In addition, three-dimensional numerical simulations of each test case were completed.
Results from the computationscompare favorablywith experimental results for all cases and yield estimates of the
integral boundary-layer properties at the isolator exit.

Nomenclature
A = area
H = facility nozzle exit height
M = Mach number
P = pressure
Ppitot = pitot pressure
Pwall = wall static pressure
Q = dynamic pressure
T = temperature
U = velocity
x = streamwise coordinate
y = transverse coordinate
° = speci� c heat ratio
1M; 1U = percentage differencebetween simulated

and actual Mach number or velocity
± = boundary-layer thickness based on 99% of average

core velocity
±¤ = boundary layer displacement thickness
µ = boundary-layermomentum thickness
½ = density

Subscripts

act = ramjet performance analysis output condition
ai = aft isolator exit station
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B = bottom wall
e = condition at boundary-layeredge
sim = test facility simulation condition
T = top wall
t = stagnation condition
ve = vitiator exit condition
0 = � ight condition
4 = facility nozzle exit station
1 = boundary-layeredge condition

Introduction

S INCE 1995, theAirForceResearchLaboratory’sPropulsionDi-
rectorate, Aerospace Propulsion Of� ce (AFRL/PRA) has been

developing a modern, well-characterized, and well-documented
direct-connect test facility for full-scale scramjet combustor de-
velopment. Facility calibration and direct-connect combustor ex-
periments have been underway in this facility since approximately
mid-1997.1¡7 The facility provides the Air Force with the oppor-
tunity to develop and study unique concepts in supersonic com-
bustor fuel injection, � ameholding, ignition, and inlet-combustor
isolation, with the ultimate goal of accelerating the developmentof
technologies required for hydrocarbon-fueleddual-mode scramjet
propulsionsystems.Potential applicationsfor these systems include
rapid theater response, global-reach aircraft, and affordable access
to space.

The new facilitywas motivatedby several factors.Comparedwith
hydrogen-fueled concepts, the database for hydrocarbon-fueled
scramjets is relatively limited. Furthermore, there is a strong need
for the Air Force to develop in-house facilities, expertise, and qual-
i� ed personnel in the areas of high-speed propulsion systems test-
ing and analysis. The goals of the current effort include support of
the Hypersonic Technology (HyTech) program8 (development of a
Mach 4–8 hydrocarbon-fueledscramjet missile) and explorationof
alternateconceptsfor improvementof supersoniccombustorperfor-
mance. The facility is designed and developed to perform relatively
long-duration, steady-state direct-connect combustor tests. Care is
being taken to characterize and accurately document all aspects of
this facility. Modern measurement techniques and instrumentation
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are being incorporated for evaluation of scramjet performance, in-
cluding thrust-based, chemical-based, and calorimeter-basedcom-
bustion ef� ciency.

Facility Description
The following sections describe the testing and simulation capa-

bilities of the new test facility, some details of the various hardware
components that comprise the � owpath, and the available instru-
mentation and control systems. The test cell receives continuous
air� ow of 13.6 kg/s at 5.17 MPa and a maximum temperature of
922 K with 20.7 kPa continuousexhaust from the Research Air Fa-
cility.Both liquid-and gaseous-fuelsystemsare available,including
pumped JP-4, pressurized JP-7, ethylene, and hydrogen. Liquid-
and gaseous-oxygen systems are available for makeup oxygen in
the vitiated heater. A recirculated cooling-water system provides
158 l/s at 483 kPa; raw dump water at 2.41 MPa is also avail-
able. The entire � owpath is secured to a thrust stand for direct mea-
surements of the thrust produced. This measurement may be com-
bined with wall static pressure measurements and a performance
analysis code to estimate the combustion ef� ciency. Additionally,
the energy losses through the various water-cooled components,
coupled with temperature measurements from a steam calorime-
ter, allow calculation of combustion ef� ciency.9 Additional details
regarding the hardware design and fabrication may be obtained
elsewhere.10

Testing and Simulation Capabilities

Johns Hopkins University/Applied Physics Laboratory’s (JHU/
APL’s) Ramjet Performance Analysis (RJPA)11;12 code’s in-
let/diffuser model was used to relate the actual � ight conditions of
a hypersonic vehicle (and the corresponding combustor inlet con-
ditions) to the test cell operational capabilities and to generate the
facility map shown in Fig. 1. This map indicates the range of � ight
conditions (altitude, Mach number, and dynamic pressure) that can
be simulated in the test cell based on the supply air pressure, tem-
perature, and mass � ow constraints.

The inlet/diffuser calculations from RJPA were also extended to
designtheexperimentsconductedin the test cell.RJPA was executed
in an iterativemannersuchthat the followingtwo correlations13 were
simultaneouslysatis� ed for the rangeof � ight simulationconditions
presented in Fig. 1 (3:5 < M0 < 7 and 23.9 kPa < Q0 < 95:8 kPa).
These calculations yielded predictions of the actual � ow properties

Table 1 Facility test conditions using °4 = 1:3 and forcing T4;sim = T4;act and P4;sim = P4;act

M0 Q0 , kPa M4;act M4;sim T4;sim , K P4;sim , kPa U4;sim , m/s 1M4 , % 1U4 , %

3.5a 23.9a 1.74a 1.80a 478a 31.8a 760a 3.2a 0.0a

3.5a 47.9a 1.74a 1.80a 468a 64.6a 753a 3.2a 0.0a

3.5a 95.8a 1.74a 1.80a 468a 132.4a 753a 3.2a 0.0a

4.0 23.9 1.96 1.80 533 32.8 803 ¡8.3 ¡11.0
4.0 47.9 1.96 1.80 523 66.3 795 ¡8.3 ¡10.9
4.0 95.8 1.96 1.80 519 126.8 793 ¡8.3 ¡10.8
4.5a 23.9a 2.17a 2.20a 588a 33.3a 1031a 1.4a ¡1.4a

4.5a 47.9a 2.17a 2.20a 577a 67.0a 1021a 1.4a ¡1.5a

4.5a 95.8a 2.17a 2.20a 568a 136.8a 1014a 1.4a ¡1.5a

5.0 23.9 2.39 2.20 641 33.4 1076 ¡7.8 ¡10.0
5.0 47.9 2.39 2.20 628 66.7 1065 ¡7.8 ¡10.2
5.0 95.8 2.39 2.20 616 134.9 1055 ¡7.8 ¡10.1
5.5 23.9 2.59 2.60 693 33.3 1323 0.5 ¡1.8
5.5 47.9 2.59 2.60 679 66.4 1310 0.5 ¡1.9
5.5 95.8 2.59 2.60 666 134.3 1296 0.5 ¡1.9
6.0 23.9 2.79 2.60 744 33.3 1370 ¡6.7 ¡8.7
6.0 47.9 2.79 2.60 730 65.7 1357 ¡6.7 ¡8.7
6.0 95.8 2.79 2.60 715 133.4 1343 ¡6.7 ¡8.8
6.5a 23.9a 2.98a 3.00a 796a 32.8a 1636a 0.6a ¡1.4a

6.5a 47.9a 2.98a 3.00a 777a 64.9a 1616a 0.6a ¡1.5a

6.5a 95.8a 2.98a 3.00a 762a 130.3a 1600a 0.6a ¡1.5a

7.0 23.9 3.17 3.00 853 32.7 1694 ¡5.2 ¡6.9
7.0 47.9 3.17 3.00 828 64.4 1668 ¡5.2 ¡7.0
7.0 95.8 3.17 3.00 811 128.9 1651 ¡5.2 ¡7.0

aActual values closely match RJPA output.

at the combustor inlet (T4;act , P4;act , U4;act , and M4;act ) at each � ight
condition assuming the inlet of the hypersonic vehicle varies to
satisfy Eqs. (1) and (2), that is, the inlet is optimized for each � ight
Mach number.

.A0=A4/ D ¡3:5 C 2:17M0 ¡ 0:017M2
0 (1)

.P4=P0/ D ¡8:4 C 3:5M0 C 0:63M2
0 (2)

In the direct-connect test facility, four facility nozzles (with de-
sign Mach numbers of 1.8, 2.2, 2.6, and 3.0) are available to es-
tablish the conditions entering the combustor. If the vitiated air-
� ow through the nozzle is assumed to be isentropic with a speci� c
heat ratio of °4 D 1:3, then the facility stagnationconditionsmay be
computed such that the static temperature and pressure entering the
combustor match those determined using RJPA (T4;sim D T4;act and
P4;sim D P4;act , respectively). Table 1 presents a summary of the sim-
ulation capabilities using the various facility nozzles. Table 1 also
shows how well the combustor Mach number and velocity obtained
using theavailablenozzlescomparewith the valuescalculatedusing
RJPA. The conditionswhereeachfacilitynozzleoperateson-design,
(that is, actual values of T4 , P4 , M4 , and U4 closely match the RJPA
output) are noted. Because each facility nozzle can exactly match
all parameters at only one condition,compromiseswill exist in both

Fig. 1 Test cell 22 facility map.
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Fig. 2 Facility schematic.

Fig. 3 Test cell 22 hardware, upstream.

Mach number and velocity if the nozzle is operated at conditions
away from that design point.

Hardware

Figure 2 is a schematic of the facility with � ow from left to right.
Supply air enters a modi� ed Marquardt sudden expansion (SuE)
vitiator capable of sustaining temperatures to about 2500 K. The
vitiator is � tted with an igniter system (H2/air) and can be fueled
with both liquid and gaseous fuels. For the tests described here,
JP-4 was used to fuel the vitiator. A water-cooled instrumentation
section placed downstream of the vitiator permits stagnation tem-
perature and/or pressuremeasurements with traversingprobes,wall
static pressure/gas sampling ports, and eight thermocouple ports in
the inlet and outlet � anges. A water-cooled transition � ange com-
presses the vitiated air� ow from axisymmetric (254 mm i.d.) to two
dimensional(57.2 £ 177.8mm)as it enters the facilitynozzle.These
components appear in the photograph shown in Fig. 3.

Four interchangeablewater-cooled facility nozzles are available
to expand the air to supersonic conditions, simulating desired com-
bustorinlet � owconditions.The nozzlesectionhas23 staticpressure
taps on its side wall for documenting the axial static pressure pro-
� le from the nozzle inlet to exit. Two removable isolator sections
downstream of the nozzle (water cooled, each 305 mm long with a
total of 120 static pressure taps on top and bottomwalls) are used to
contain the precombustionpressurerise. The isolatorsectionsincor-
porate a 0.75-deg divergence along the bottom wall to compensate
for boundary-layergrowth.

Immediately following the isolator sections is a variable-
geometry heat-sink combustor with a � exible upper wall currently
set to provideanarea ratioof approximately2.5. The combustoralso

has removable inserts on all four walls, allowing optical access and
installation of a variety of instrumentation.The replaceable inserts
provide a wide parametricdesign space for fuel injectionand � ame-
holding concepts. The initial con� guration incorporates four low-
angle (15 deg) � ush-wall fuel injectors upstream of a cavity-based
� ameholder.2;3 Liquid and gaseous hydrocarbon fuels are available
for the combustor. An air throttle is available to facilitate combus-
tor ignition. The air throttle supplies controlled quantities of com-
pressed air into the combustor at a desired axial station. Its duration
is variable (minimum of approximately2 s); a typicalcycle involves
between 4 and 10 s of air� ow.

A calorimeter instrumentation section that houses water sprays,
rakes, and probes connects the combustor to a calorimeter instru-
mented with thermocouples and heat-� ux gauges. The calorimeter
exit connects to an elbowthroughwhich the � ow exits the test cell to
an exhaustersystem.The photographin Fig. 4 shows the combustor,
calorimeter instrumentation, and calorimeter sections.

The test hardware also includes a spray-cooled,carbon–steel cal-
ibration section that can be attached to the exit of the facility nozzle
or either isolator. This section has ports for water-cooled travers-
ing probes, allowing spanwise and transverse total temperature and
pitot pressure surveys at the nozzle and/or isolator exit planes. This
device incorporates a sudden area change at the probe station so
that the probe may be positioned above and below the actual top
and bottom walls. The attachmentof this section to the exit of either
isolator results in the formation of a weak compression wave from
the bottom wall as the � ow turns through 0.75 deg toward the rig
centerline.A remotelyactuatedbutter� y valveinstalleddownstream
of this section permits studies of a simulated precombustion shock
train positioned in the facility isolator sections.
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Fig. 4 Test cell 22 hardware, downstream.

Instrumentation

A CAMAC process I/O system is used for both data acquisition
and process control.Two Sun 630MP workstationsserve as the data
acquisitionand facilitycontrol systems.The data acquisitionsystem
has 416 channels of analog input, 64 channels of digital I/O, and
40 channels of analog output. The CAMAC crates are connected to
the two workstations via a � ber optic small computer system SCSI
interface. A Pressure Systems, Inc. (PSI) 8400 pressure scanning
system currently consisting of 400 channels with real-time display
and data reduction is also available.

Total mass � ow rate through the rig at each test condition is
estimated using two independent methods. The � rst method sums
the � ow rates of facility air, vitiator fuel, and makeup oxygen, mea-
suredusingan ori� ce plate and two turbinemeters, respectively.The
second method uses the stagnation pressure and temperature mea-
surements in the instrumentation section, the known facility noz-
zle throat area, and simple one-dimensional gasdynamic relations.
The close correspondence between these two estimates, generally
within 1–3%, inspires con� dence in the quality and reliability of
instrumentationand analysis in the test cell. Stagnation temperature
is currently measured using thermocouples (for temperatures up to
around 1200 K).

Remotemonitoringof test activitiesis providedby � vevideocam-
eras placed at strategic locations throughout the test cell. Four cam-
eras placed around the thrust stand monitored the facility hardware.
A hand-held Sony 8-mm camera monitored the traversing probe.

Calibration Efforts
Experimental and numerical studies were conducted to calibrate

two facility nozzles (Mach 1.8 and 2.2) in conjunction with the
isolator sections. Table 2 presents the stagnation conditions corre-
sponding to the 12 calibration cases examined. The following sec-
tions describe the experimental and computationalmethods used to
diagnose the � ow� eld and the results of the calibration studies. For
brevity, results from one case for each facility nozzle (cases1 and 9)
are presented in this paper.

Experimental Details

Two separate water-cooled traversingprobes were used for hard-
ware calibration. The � rst probe contained eight pitot pressure tips
covering approximately 25 mm in the spanwise direction. The sec-
ondprobeconsistedof fourpitot pressuretipsand two total tempera-
ture tips over the same span. The pitot pressure tips were made from
hypodermic tubing (0.53 mm i.d.). Total temperatures were mea-

Table 2 Experimental and computational
calibration test conditions

Case M4;act Tve, K Pt , kPa Pai=P4

1 1.8 833 372 0.97, 2.78, 3.52
2 1.8 778 703 0.94, 2.76, 3.54
3 1.8 972 372 0.96, 2.72, 3.51
4 1.8 917 752 0.94, 2.84, 3.49
5 1.8 1139 365 0.96, 2.59, 3.34
6 1.8 1083 745 0.94, 2.51, 3.50
7 2.2 902 689 0.94, 2.55, 4.46
8 2.2 917 1351 0.92, 3.12, 4.05
9 2.2 1083 710 0.94, 3.00, 4.50
10 2.2 1063 1441 0.92, 3.05, 3.86
11 2.2 1259 703 0.93, 2.65, 4.35
12 2.2 1232 1420 0.92, 3.04, 3.93

sured using � ne gauge thermocouples set inside aspirated ceramic
diffusers.14 Both probes were inserted into the calibration section
from the top and were connectedto a computer-controlledelectronic
actuator for remote positioning.Pressures were measured using the
PSI system while the thermocouple signals were recorded via the
CAMAC data acquisition system.

Computational Details

Three-dimensionalsimulationswere performed at low backpres-
sure for each of the 12 casesoutlinedin Table 2. These computations
provideresultsfor comparisonwith theexperimentalmeasurements.
The computational results provide a suitable means for calculating
the boundary-layerproperties (boundary-layer thickness ±, the dis-
placement thickness

±¤ D
Z 1

0

³
1 ¡ ½

½e

U

Ue

´
dy (3)

and the momentum thickness

µ D
Z 1

0

½

½e

U

Ue

³
1 ¡

U

Ue

´
dy (4)

at the isolator exit plane. Additional simulations were performed
at elevated backpressures for cases 1 and 9. The method used to
calculate the � ow� elds at low backpressure will � rst be described
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followed by modi� cations employed for the elevated back-pressure
simulations.

The computationaldomain included the subsonic and supersonic
portions of the nozzle, the isolator, and the 47.6-mm-long constant
area calibration section that was attached at the end of the isolator.
Spanwise symmetry was assumed; hence, the domain extended
from the tunnel centerline to the side wall in the spanwise direc-
tion. The calculations were performed with the VULCAN Navier–
Stokes code,15 a derivativeof the LARCK code developedat NASA
Langley Research Center. The calculations employed the low-
diffusion � ux vector split scheme of Edwards16 for the evaluation
of the inviscid � uxes. The MUSCL parameter was set to one-third
to minimize truncation error. The thin-layer viscous terms were
computed in the three coordinate directions. Turbulence was mod-
eled with the Menter17 two-equation BSL turbulence model. At
solid surfaces, the wall-matching procedure of Wilcox18 was em-
ployed to reduce grid requirements. The turbulent Prandtl num-
ber was set to 0.89. The subsonic portion of the nozzle extended
a short distance downstream of the throat and was solved ellipti-
cally, whereas the sections downstream were solved with the space
marching algorithm.

The simulated vitiated airstream compositionwas obtained from
the experimental � ow rate measurements assuming complete com-
bustion.The resultingmass fractionsof N2, O2, CO2, and H2O were
0.722, 0.232, 0.033, and 0.013 for case 1 and 0.688, 0.232, 0.058,
and 0.022 for case 9, respectively.The calculationswere performed
with a single species that had the molecular weight and thermody-
namic coef� cients set equal to the vitiatedheated air mixture values.

The in� ow boundarywas prescribedby � xing the stagnationpres-
sure and temperature. The stagnation temperature at the in� ow of
the nozzle was obtained by adjusting the measured temperature at
the exit of the vitiated heater for the heat loss through the instru-
mentation and transition sections. The nozzle in� ow total temper-
atures for cases 1 and 9 were 815 and 1058 K, respectively. The
out� ow boundary condition for the elliptic region was � rst-order
extrapolation. The top, bottom, and side walls employed a no-slip
isothermal boundary condition. The wall temperature in the noz-
zle and isolator sections was determined by iteratively performing
a series of two-dimensional calculations until the calculated heat
loss matched the experimentally measured heat loss. These wall
temperatures were then imposed on the three-dimensionalcalcula-
tions. The measured heat loss exceeded the heat loss resulting from
each three-dimensional calculation by less than 5%. The calibra-
tion section was cooled to an unknown extent. In these simulations,
the calculated heat loss through this section was slightly overpre-
dicted, thereby compensating, to some extent, the underpredicted
heat loss in the nozzle and isolator sections. The resulting nozzle
and isolator wall temperatures were 400 and 330 K, respectively,
for case 1, and 455 and 380 K, respectively, for case 9. Finally, a
symmetry boundary condition (zero spanwise velocity component
and extrapolation of all other � ow quantities) was employed along
the centerline plane.

The calculations were advanced in time with a diagonalized
approximate factorization scheme19 with the Courant–Friedrichs–

Lewy (CFL)numberset equal to 4.0 and 5.0 for theellipticand space
marchingregions,respectively.The convergencecriterionemployed
was a relativeerror of the L2 norm of the residual of 10¡6. The mass
� ow conservationwas excellent; mass loss did not exceed 0.3%.

A sensitivity study was conducted for case 1 using three differ-
ent grids. The coarsest grid had 171 points in the axial direction,
40 points in the transverse direction, and 22 points in the spanwise
direction (171 £ 40 £ 22). The � nest grid doubled the number of
points in each direction, that is, 341 £ 79 £ 43, whereas the inter-
mediategridonlydoubledthenumberof pointsin theaxialandtrans-
verse directions, that is, 341 £ 79 £ 22. Increasing the grid density
in the axial directionprovidedbetter resolutionof the weak pressure
waves in the nozzle and isolators, whereas coarse resolution in the
transverse direction yielded thicker boundary layers. The solutions
obtained using the intermediate and � nest grids were examined on
the rig centerline.Resultswere found to be nearly indistinguishable.
Consequently, the calculations for the remaining cases employed

Fig. 5 Computational grid for Mach 1.8 facility nozzle (every other
point removed).

Fig. 6 Mach number contours from Mach 1.8 facility nozzle calcula-
tion.

the intermediate grid to reduce computational time. Figure 5 shows
the computational grid along the rig centerline for the Mach 1.8
facility nozzle (every other point has been removed for clarity). The
calculatedMach number contoursalong the rig centerlinefor case 1
appear in Fig. 6. This plot indicates that the nozzle performs as
designed with an exit Mach number near 1.8.

Additionally, calculations were performed with elevated back-
pressuresat the exit planeof the calibrationsectionfor cases1 and 9.
The isolator and calibration sections were solved together ellipti-
cally with the � ow variables at the in� ow boundary set equal to the
calculatedvaluesat theexitplaneof the nozzle,andall � owvariables
at theout� ow boundaryextrapolatedfrom the interior(exceptfor the
pressure, which was imposed). Only results from the highest back-
pressure condition will be presented because a signi� cant region of
reverse � ow was present at the out� ow plane for the intermediate
backpressure condition. At the highest backpressure condition for
case 9, reverse � ow was present in a small region in the corner of the
duct that representedapproximately0.03 and 0.40% of the exit area
on thecoarseand� ne grids, respectively.This shouldhavea minimal
impact on the results. The pressure rise for the highest backpressure
condition for case 1 extended into the nozzle, and consequently,
the section of the nozzle downstream of the throat was included in
the elliptic solution domain. The wall temperature was assumed to
be the same as in the nonbackpressuredsimulations.The thin-layer
approximation for the viscous terms was not employed in the sim-
ulations with an imposed backpressure.Solutions were obtained on
the � ne grid (341£ 79 £ 43) that had additional points in the span-
wise direction to resolve the recirculation zone along the side wall.
Solutions were also obtained on a coarse grid with every other grid
point removed in eachcoordinatedirection(171 £ 40 £ 22) to inves-
tigate the grid sensitivityof the results. The L2 norm of the residual
in the solutions with an imposed backpressure dropped approxi-
mately three orders of magnitude.Convergencewas assessed, prac-
tically, by monitoring changes in mass-weighted one-dimensional
quantities. Convergence was considered adequate when mass-
weighted one-dimensional quantities did not change after 5000
iterations.

Mach 1.8 Facility Nozzle Results

Figures 7–11 present the results of the Mach 1.8 nozzle calibra-
tions for case 1. Wall static pressures through the nozzle and isolator
sections appear in Fig. 7. Included in this plot are all of the mea-
sured pressures, the data obtained from the numerical simulation,
and a theoretical pressure distribution based on a one-dimensional
isentropic analysis. The axial position is scaled by the nozzle exit
height, and x=H D 0 corresponds to the facility nozzle exit plane.
The pressure data are normalized by the nozzle exit pressure P4.
With low backpressure, static pressure pro� les through the nozzle
and isolatorsectionsmatch the isentropicpredictionand the numeri-
cal simulation.As the downstreamvalveis closed,the pressureat the
isolator exit rises, resulting in a system of shock waves. This shock
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a) Case 1 with three levels of backpressure

b) Comparison of CFD coarse and � ne grid solutions for case 1
(Pai/P4 = 3.52)

Fig. 7 Normalized wall static pressure distributions with Mach 1.8
facility nozzle.

Fig. 8 Calculated Mach number contours from case 1 at Pai/P4 = 3:52
(zero streamwise velocity indicated by a white line).

Fig. 9 Calculated normalized static pressure contours from case 1 at
Pai/P4 = 3:52 in the vicinity of the shock train.

a) Pai/P4 = 0.97

b) Pai/P4 = 2.78

c) Pai/P4 = 3.52

Fig. 10 Normalized isolator exit plane pitot pressure distributions
from case 1.

Fig. 11 Normalized isolator exit plane total temperature distributions
from case 1 at Pai/P4 = 0:97.
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system decelerates the approaching � ow. Figure 7a contains mea-
sured static pressure distributions for two levels of increased back-
pressure, Pai=P4 D 2:78 and 3.52. The pressures along the top and
bottom walls of the isolator sectionsare very similar in each pro� le.
As expected,increasedexit pressureforcesthe shock trainupstream.
Thesedistributionsillustratethe effectivenessof the isolatorsin con-
taininga combustorpressurerise that is nearlyequivalentto a normal
shock.

The computational� uid dynamics (CFD) predictionat the higher
backpressure condition are shown in Fig. 7b along with the mea-
sured pressure data from this condition.Along the centerlineplane,
the pressurerise from the shocktrainbeginsat x=H D 0, which is ap-
proximately 1.5 duct heights upstream of the measured location for
the beginningof the pressure rise. The � ow separates initially in the
cornerbetween the side wall and the bottomwall; the corresponding
oblique shock causes the pressure rise to occur farther upstream on
the side wall than along the centerline plane. Downstream of the
nearly normal shock along the centerline plane, there is a series of
expansionand compressionwaves causing the pressure to decrease
and increase. A steady solution was obtained computationally.The
monotonic rise in the measured wall pressures downstream of the
shock may be due to � ow unsteadiness and a consequent averaging
of the crests and troughs in the pressure values. The shock position
and overall character of the � ow is represented well by the coarse
grid solution, although the � ow quantities are more diffuse due to
numerical dissipation.

Figure 8 shows the Mach number contours along the centerline
plane and several cross� ow planes for the solution obtained on the
� ne grid. The contour of zero streamwise velocity is overlaid in
white to identify the boundary of the recirculationzone, which em-
anates from the corner of the side wall and bottom wall and ex-
tends 11.0 duct heights from ¡1:2 < x=H < 9:8. For comparison,
the recirculation zone in the coarse grid solution extended 9.4 duct
heights (¡0:9 < x=H < 8:5). At the exit of the domain the Mach
number distribution retains a signi� cant spanwise variation with
lower momentum � ow toward the side wall. The domain extending
from ¡1:4 < x=H < 3:7 is outlined in black. The pressure contours
for this region appear in Fig. 9. The peak pressure ratio along the
centerline plane is Pai=P4 D 3:57, which corresponds to 97% of the
normal shock pressure rise as determined from the local values of
the pressure, Mach number, and ratio of speci� c heats for the � ow
upstream of the shock. The footprint of the oblique shock gener-
ated by the � ow disturbance from the recirculation zone formed in
the duct corner is observed on the bottom wall. The pressure rise
along the bottom and side wall extends slightly over one duct height
upstream of the shock position along the tunnel centerline. The re-
� ection of the oblique shock off the top wall of the duct can also be
seen at the exit plane of the nozzle. While the � ow in this region is
highly three dimensional, the pressure � eld downstream of this re-
gion is essentially one dimensional, as observed in the downstream
cross� ow plane in Fig. 9.

Figure 10 shows the pitot probe measurements obtained just
downstreamof the aft isolatorexit for each of the three backpressure
levels examined. In Figs. 10a–10c the transverse position is scaled
by the facility nozzle exit height, and y=H D 0 corresponds to the
top wall of the isolator. The pitot pressures are normalized by the
facility stagnation pressure. Figure 10a presents the experimental
and numerical results obtained from case 1 at low backpressure.
The eight measured pressures are very consistent across the duct
height for all cases examined. The computed pro� le compares well
with the measured values. Figures 10b and 10c contain normalized
pitot pressures at Pai=P4 D 2:78 and 3.52, respectively. These pro-
� les again exhibit a high degree of consistency from one probe tip
to another. They also illustrate the effect of the shock train on the
overall � ow� eld. At the highest backpressure level, the � ow exit-
ing the aft isolator is purely subsonic. The CFD results shown in
Fig. 10c suggest that the shock train is somewhat asymmetric from
top to bottom. Shock train unsteadiness is one possible cause for
these differences. The experimental data represent averages over a
relatively long time (and potentially many oscillation cycles), and
the CFD solution is steady in nature.

Total temperature measurements appear in Fig. 11 for case 1
operatedat the low backpressurecondition.CFD resultsare overlaid
on the measurementsand compare very well across the duct height.
This plot suggests that the core � ow is not strongly affected by
the heat loss through the water-cooled sections (Tve for case 1 is
833 K).

Mach 2.2 Facility Nozzle Results

Figures 12–14 contain results of the Mach 2.2 nozzle calibrations
for case 9 (refer to Table 2). The measured, calculated, and isen-
tropic wall static pressure distributions shown in Fig. 12a compare
very favorably. As with the Mach 1.8 results (Fig. 7), increased

a) Case 9 with three levels of backpressure

b) Comparison of CFD coarse and � ne grid solutions for case 1
(Pai/P4 = 4.50)

Fig. 12 Normalized wall static pressure distributions with Mach 2.2
facility nozzle.

Fig. 13 Normalized isolator exit plane pitot pressure distributions
from case 9 at Pai/P4 = 0:94.
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Table 3 Integral boundary-layer properties at aft isolator exit plane

Unit Reynolds ±T , ±B , ±¤
T , ±¤

B , µT , µB , ±T =±¤
T , ±T =µT , ±¤

T =µT ,
Case no., m¡1 mm mm mm ±B=±¤

B ±B =µB ±¤
B =µB

1 12.1£ 106 12.7, 12.3 1.62, 1.60 1.35, 1.29 7.8, 7.7 9.4, 9.5 1.2, 1.2
2 25.3£ 106 12.0, 11.4 1.57, 1.50 1.19, 1.12 7.6, 7.6 10.1, 10.2 1.3, 1.3
3 10.2£ 106 13.1, 12.6 1.52, 1.52 1.42, 1.37 8.6, 8.3 9.2, 9.2 1.1, 1.1
4 22.0£ 106 12.3, 11.8 1.47, 1.42 1.27, 1.19 8.4, 8.3 9.7, 9.9 1.2, 1.2
5 8.2 £ 106 13.4, 13.1 1.40, 1.37 1.55, 1.50 9.6, 9.6 8.6, 8.7 0.9, 0.9
6 17.7£ 106 12.5, 12.1 1.37, 1.35 1.37, 1.29 9.1, 9.0 9.1, 9.4 1.0, 1.0
7 16.4£ 106 12.2, 12.2 1.85, 1.93 1.22, 1.19 6.6, 6.3 10.0, 10.3 1.5,1.62
8 31.2£ 106 11.6, 11.5 1.73, 1.78 1.12, 1.09 6.7, 6.5 10.4, 10.6 1.5, 1.6
9 13.1£ 106 12.6, 12.6 1.83, 1.88 1.32, 1.30 6.9, 6.7 9.5, 9.7 1.4, 1.4
10 26.9£ 106 11.9, 11.9 1.68, 1.75 1.17, 1.14 7.1, 6.8 10.2, 10.4 1.4, 1.5
11 10.8£ 106 13.2, 13.3 1.68, 1.75 1.42, 1.42 7.8, 7.6 9.3, 9.4 1.2, 1.2
12 22.3£ 106 12.3, 12.3 1.57, 1.62 1.27, 1.24 7.8, 7.6 9.7, 9.9 1.2, 1.3

Fig. 14 Normalized isolator exit plane total temperature distributions
from case 9 at Pai/P4 = 0:94.

backpressure results in the formation of a system of shock waves
positioned in the isolator sections. Increasing backpressure forces
this disturbance upstream. At this inlet Mach number, the isolator
sections effectively contain a pressure ratio of Pai=P4 D 4:50.

The CFD pressure data at the higher backpressure condition are
shown in Fig. 12b along with the measured pressure data from this
condition.There is good agreementbetween the CFD and measured
data regardingthe positionof the pressurerise, althougha small grid
sensitivity is observed. As with the Mach 1.8 nozzle, the pressure
distribution in the coarse grid solution is more diffuse than in the
� ne grid solution, whereas the measurements exhibit a monotonic
pressure rise.

Figure 13 shows the measured and computed pitot pressure dis-
tributions from just downstream of the aft isolator exit for case 9
operated at low backpressure. For these measurements, the probe
with four pitot tubes was used. All four sets of measurements agree
closely across the entire duct height. Also, the numerical results
reproduce the features of the measured pro� le very well, including
the weak compressionwave that elevates the pitot pressure near the
bottom wall (0:7 < y=H < 0:9). The pitot pressure distributions in
the top and bottom wall boundary layers are well representedby the
CFD results.

Finally, Fig. 14 shows the measured and calculatedtotal tempera-
turedistributionsfromcase9 operatedat low backpressure.As in the
Mach 1.8 nozzle results, the measured and computed total temper-
ature distributions compare very favorably across the duct height.
Again, the water-cooled hardware does not strongly in� uence the
total temperature of the core � ow (Tve for case 9 is 1083 K).

Integral Boundary-Layer Properties

Based on the good agreement between the CFD results and mea-
sured quantities, the calculated pro� les were used to determine the
integral boundary-layer properties at the isolator exit plane along
the rig centerline for each of the 12 cases. The trapezoidal method

was usedfor numericalintegration.Velocityand densityvalueswere
obtainedat thecell center location,and the grid coordinateswere ob-
tained from the computational grid. The boundary-layerproperties
were found to be quite sensitive to the choice of the edge velocity
Ue. To minimize any subjectivity, the average velocity in the region
of the core � ow where dU=dy < 500 s¡1 was de� ned as U1, and
the edge velocitywas de� ned as Ue D 0:99 £ U1. The results of the
integration process are tabulated in Table 3.

The trends in the calculated values for ±¤ and µ can largely be
explainedby consideringthe distributionof ½=½e . For a givendistri-
butionofU=Ue , an increasein ½=½e reduces±¤, theeffectivedistance
occupiedby the boundary layer, and increasesµ , the associateddrag
force on a � at plate. In the simulations using a � xed Mach number
nozzle, ½=½e increases as the total temperature increases due to the
corresponding increase in heat transfer to the walls of the water-
cooled hardware. Consequently, larger values are obtained for µ as
the total temperatureincreases.The unitReynoldsnumberdecreases
with increasing total temperature, resulting in an increase in ± and
a decrease in U=Ue at a � xed distance from the wall. Finally, the
increase in ½=½e is larger than the reduction in U=Ue , resulting in a
reduction in ±¤ with increased total temperature.

Summary
A newly developed supersonic combustion research facility has

been described.This test facility offers a broad � ight Mach number
and dynamic pressure simulation space using four interchangeable
facility nozzles. The major components of the rig are water-cooled
for exposure to relatively long test times to allow for steady-state
measurements of combustor performance.Modern data acquisition
and control systems are available,along with a variety of optical di-
agnostic techniquesfor documentationof crucial combustorperfor-
mance parameters including the inlet conditions,thrust, combustion
ef� ciency,combustorheat loss, and wall static pressures.The results
of a recent effort to calibrate two of the facility nozzles demonstrate
that the nozzleand isolatorsectionsperformas expected.Wall static
pressuredistributionsshow the effectivenessof the isolator sections
at containing a simulated precombustion shock train. CFD results
compare well with the wall and in-stream measurements.These re-
sultshavebeenanalyzedto obtainintegralboundary-layerproperties
at the aft isolator exit plane.
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